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The effect of discrete contour bumps on reducing the transonic drag at off-design conditions on
an airfoil have been examined. The research focused on fully-turbulent flow conditions, at a realistic
flight chord Reynolds number of 30 million. State-of-the-art computational fluid dynamics methods
were used to design a new baseline airfoil, and a family of fixed contour bumps. The new
configurations were experimentally evaluated in the 0.3-m Transonic Cryogenic Tunnel at the NASA
Langley Research center, which utilizes an adaptive wall test section to minimize wall interference.
The computational study showed that transonic drag reduction, on the order of 12% - 15%, was
possible using a surface contour bump to spread a normal shock wave. The computational study also
indicated that the divergence drag Mach number was increased for the contour bump applications.
Preliminary analysis of the experimental data showed a similar contour bump effect, but this data
needed to be further analyzed for residual wall interference corrections.

Nomenclature

= airfoil chord

airfoil drag coefficient

airfoil lift coefficient

airfoil pitching moment, about 0.25¢

surface pressure coefficient

sonic value of surface pressure coefficient

maximum crest height of contour bump

local value of Mach number

drag divergent value of freestream Mach number
- = freestream Mach number

Re = Reynolds number based on chord

X,Z = two dimensional Cartesian coordinate system

a = angle-of-attack, degrees
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I. Introduction

he area of transonic drag reduction has been a long-standing topic of research, which has been fueled largely by

the commercial transport industry. Aerodynamic prediction codes and testing techniques have been developed
which allow designers to develop aircraft, which perform efficiently at design conditions. Methods to improve the
off-design performance of commercial transports are always being examined, as the off-design characteristics often
play a strong role in the sizing and/or range of a given configuration. One method, which has been proposed to
improve the off-design performance of a transonic aircraft, is a wing that can change shape, or “morph” to mitigate
adverse off-design effects. A frequent goal of improving off-design performance focuses on reducing drag,
particularly the wave drag generated by shock waves on the aircraft. Thus, a wing that could locally change shape
to decrease the shock wave strength would be highly advantageous. One such method that has been proposed is
shown in Fig. 1 on an airfoil, which depicts a discrete contour bump deployed at the normal shock wave location,
spreading and weakening the shock wave. On an aircraft, the contour bumps would be part of an active system,
whereby they would be deployed in an intelligent fashion to minimize drag. Thus an aircraft designed to take
advantage of such an active drag reduction system would have an increased range and reduced operating costs,
assuming any potential weight penalties can be overcome.
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Figure 1: Contour bump deployed near normal shock wave on airfoil upper surface.

Research that supports the use of surface contour bumps has theoretical beginnings in the late 1970's. Early
developments in supercritical airfoil technology provided for a weak normal shock wave at the airfoil design Mach
number and lift coefficient. However, moving away from this design condition, problems of both drag divergence
and buffeting became significant. Studies to investigate methods to improve off-design performance for these types
of transonic airfoils became a focus. One such study examined the theoretical aspects of designing a
"dromedaryfoil" (Ref. 1). The goal of this study was to theoretically design a hump to isentropically pre-compress
the flow ahead of the upper surface normal shock wave to reduce the pre-shock velocity so that the wave drag was
minimized and then rapidly recompress the subsonic flow aft of the shock while maintaining high lift levels. This
theoretical work was followed in the 1980's by some experimental investigations to carefully check the performance
of some of these humped airfoil designs at transonic conditions (Ref. 2). The results indicated that some aspects of
the humped airfoil improved the off-design supercritical performance, but there was room for further improvements.
The principal researcher concluded that these further improvements are to be realized through the application of
“new, sophisticated computational fluid dynamics.” Also, it should be noted that these humped airfoils were
generally viewed as a static system that were not capable of changing the hump shape or location during operation.

In Europe in the early 1990's, a systematic and thorough research effort was implemented to help develop
enabling technologies for gaining a larger share of the aviation industry's global market. The first phase of this
research program was called Euroshock I, which focused on drag reduction through passive shock control (Refs. 3,
4). This work approached the drag reduction problem using laminar airfoil technology and tried to use venting and
boundary layer suction close to the upper surface shock to reduce wave drag. Results generally suggested that it was
possible to achieve wave drag reduction through passive control, but the overall drag was not reduced because of the
increased viscous drag associated with the surface porosity under the shock wave. A significant finding from this
research was that the vented cavity beneath the shock produced a secondary flow field that created a ramping effect
under the shock. This ramping effect contributed to the wave drag reduction by spreading the normal shock into a
weaker series of oblique shock waves. With this understanding, the Europeans launched a second phase of this
research in the late 1990's to develop surface contour bump technology to leverage this wave drag reduction
mechanism (Refs. 5-10). It should be noted that the focus on laminar airfoil technology was maintained. The
results of this extensive study demonstrated that it was possible to reduce the total drag of a wing by utilizing
contour bump technology to reduce wave drag.

In 2001, NASA's Aircraft Morphing project began a closer examination of the possibility of using surface
contour bumps to reduce aircraft wing drag (Ref. 11). The approach of this study considered two application goals,
a short term one and a long term one, both shown in Fig. 2. The short-term goal is focused on the design and
development of a surface contour bump limited to 20% of the airfoil chord. This application would be suited for
application to current transport aircraft wings, which typically have spoiler surfaces of this extent that may be
modified to include a shock-control contour bump. This approach is the same proposed by the extensive body of
research conducted in the Euroshock II program. The long-term goal is focused on the design and development of a
surface contour bump that would cover as much as the last 40% of the airfoil chord. This application is new and
requires an integration of this and other technologies from the beginning of the aircraft wing design process. For
example, since the bump covers the last 40% of the airfoil chord, a typical control flap would not be used. The
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Figure 2: Near-term and long-term goals for contour bumps.

longer bump itself would provide for the possibility of camber changes, plus possible integration of wing circulation
control technology, which could be used to achieve the lift control usually provided by a trailing-edge control flap.

Surface contour bumps can be applied to commercial transport aircraft to reduce drag at off-design conditions in
several ways. Two primary applications include reducing drag penalties incurred by either operating an aircraft at
increased speed, or flying at cruise speed with a non-optimal lift coefficient. The drag reduction potential for both
situations can be quiet similar. In the present study, the off-design scenario considered is that of a speed increase,
while maintaining a constant lift coefficient. The objective of the current research examines the size and shaping of
small contour bumps on a cruise wing upper surface, as a means by which to spread the shock wave, and thereby
reduce transonic drag for this off-design condition. Computational fluid dynamics codes and design methods are
used to design several contour bumps for a new state-of-the-art, fully-turbulent transonic airfoil, which operates at
realistic flight Reynolds numbers. The contour bump designs have recently been experimentally evaluated in a
high-Reynolds number wind tunnel at the NASA Langley Research Center. This paper will give a general overview
of the aerodynamics research project, and will not discuss the ongoing structural design research for application to
aircraft.

II. Computational Methods

The flow solvers utilized for the research were the Euler/integral boundary layer code MSES, and the
unstructured Navier-Stokes solver FUN2D. The MSES code was chosen for its speed and accuracy in computing
flow fields with fully attached flows, or small regions of separation (Ref. 12). The speed of the code was
advantageous in determining configurations for further study with FUN2D, while the optimizer available with
MSES was found to be a useful design tool. In addition, both flow solvers have been coupled for use with the
CDISC design method (Ref. 13) developed at the NASA Langley Research Center. Since the research focuses on
realistic flight Reynolds numbers, the simulated flow fields were assumed to be fully turbulent. It should also be
noted that all airfoil computations discussed below use appropriate boundary conditions to simulate free-air flow
fields, and do not include the effects of wind tunnel walls. The salient features of each flow solver will be briefly
discussed below.

A. MSES

The MSES code solves the time dependent Euler equations in a streamline fitted coordinate system, using a
finite volume discretization. To simulate viscous flows, a two-equation integral boundary layer method is used.
The streamline at the surface of the airfoil is offset a distance equal to the local boundary layer displacement
thickness. The resulting coupled flow field analysis is then solved using a full-Newton iteration scheme, and is
converged to a steady state solution. The available design and optimization code, LINDOP, was utilized to design
the new baseline 2-D airfoil, as well as one of the contour bumps, which will be discussed below. Complete details
of the method are found in Ref. 14.

B. FUN2D

The FUN2D code solves the time dependent 2-D Reynolds-averaged Navier-Stokes equations using unstructured
grids. A node-based finite volume formulation is used to discretize the governing equations, with the solution being
advanced to steady state using an implicit upwind differencing scheme based on the flux-difference splitting
technique of Roe. The effects of turbulence are simulated using the one-equation Spalart-Allmaras turbulence
model. Ref. 15 provides an in depth discussion of the flow solver.
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An automated script was used to monitor convergence and to efficiently drive the solutions to prescribed lift
coefficients if desired. The solutions were considered converged when the root-mean-square value of the lift
coefficient varied less than 0.01% over the last 100 iterations. This typically required 4000 flow solver iterations,
and resulted in a five-order decrease in the residual of the continuity equation. Grid refinement studies were
conducted, but the results will not be presented for the sake of brevity (Ref. 16). The results presented however, are
considered to be grid independent. Figure 3 shows a partial view of a typical unstructured grid used, generated
using the AFSOR code (Ref. 17). The airfoil surface is represented by 600 surface nodes, resulting in a grid with
approximately 50,000 nodes. The viscous spacing at the airfoil surface was chosen to give a y" value for the 1* cell
away from the surface in the range of 0.5-1.0.
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Figure 3: Partial view of unstructured grid for TMA-0712 airfoil.

III.  Baseline Airfoil Design

A new state-of-the-art transonic airfoil was designed specifically for the contour bump research. The new
airfoil’s designation is: NASA TMA-0712. The TMA acronym stands for TransonicMorphing Airfoil, while the
0712 signifies a design lift coefficient of 0.70 and a maximum thickness to chord ratio of 12%. The design Mach
number for the airfoil is 0.76 at a flight chord Reynolds number of 30x10°. A multi-point design optimization was
conducted using MSES and the LINDOP optimizer. The objective of the airfoil design was to minimize the drag
coefficient while maintaining the lift coefficient at the design Mach number of 0.76, and at an off-design Mach
number of 0.78. For the design, the flow was assumed to be fully turbulent. The seed airfoil for the design was the
NASA SC(3)-0712 airfoil (Ref. 18). The drag divergence characteristics of the new airfoil at the design lift
coefficient are shown in Fig. 4. The FUN2D and MSES results are found to agree quiet well up to the off-design
Mach number. Using the FUN2D prediction, the drag divergence Mach number is 0.775, based on an increase of 20
drag counts above the value at M= 0.70.
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Figure 4: Drag divergence characteristics of the NASA TMA-0712 airfoil (C;=0.70, Re=30x10°).

IV.  Contour Bump Design

A family of static contour bumps has been designed for the new airfoil at the off-design Mach number of 0.78.
As discussed above, near-term and long-term morphing goals have been developed, which encompass two different
chord lengths for the contour bump. Two contour bumps were designed for the near-term goal with lengths equal to
20%c. The first contour bump, Bumpl, was designed using the CDISC design method coupled with MSES. A
target surface Mach number distribution was formulated to simulate a lambda-shaped shock wave structure. A
second contour bump was designed using the LINDOP optimizer in conjunction with MSES, and was referred to as
Bump2. The drag reduction characteristics were nearly identical to those of Bump1, and it was not pursued further.
Another contour bump, Bump3, was designed for the long-term goal again using LINDOP with MSES. The two
remaining contour bumps, were analyzed extensively with both MSES and FUN2D.

V. Wind Tunnel Testing

The wind tunnel experiment was performed on the TMA-0712 airfoil model with a 6-inch chord using NASA
Langley's 0.3-m Transonic Cryogenic Tunnel (TCT). The airfoil model was designed to have a common leading-
edge section up to 50%c, with the remaining half of the chord made up of one of six different trailing-edge sections.
These trailing-edge sections included one for the Baseline (no contour bump) configuration, four height variations of
the Bumpl configuration, and one for the Bump3 configuration. The airfoil model was instrumented with chord-
wise and upper surface span-wise pressure orifices. The chord-wise pressure orifices were integrated to provide a
calculation of the normal force and pitching moment coefficients, while the span-wise pressure orifices were used to
document the extent of 2-D flow above the airfoil model during testing. The model passed through two windows
and connected to mounting brackets in the tunnel plenum area. A photograph of the airfoil model installed in the
tunnel test section is shown in Fig. 5. The tunnel sidewall turntables provided an angle-of-attack ranging from —3°
to +3°. The windows provided visual access for a focusing Schlieren system to capture digital images of the shock
wave patterns above the airfoil upper surface. The airfoil drag was calculated by integrating a wake rake survey that
was located three chord lengths downstream of the airfoil trailing edge.
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Figure 5: Photograph of the TMA-0712 airfoil model (6-inch chord) in the 0.3-m TCT test section.

The 0.3-m TCT is described in Ref. 19 as a fan-driven, cryogenic, adaptive-wall pressure tunnel that uses
gaseous nitrogen as a test gas. The facility operates within a temperature range from 327K (130°F) to
approximately 80K (-316°F) and a pressure range from 1.2 to 6.0 atmospheres (17.6 to 88.0 psia). The test section
cross-section is nominally 13.0-in. x 13.0-in., and has a length of 72.0 inches. The flexible floor and ceiling are
streamlined during testing to minimize wall interference effects on the data. Post-test corrections are generally
required to correct the data for residual wall interference effects, and account for the presence of the sidewall
boundary layers on the model (Ref. 20).

V1. Results

All data presented and discussed below are at a constant chord Reynolds number of 30x10°, representative of
typical flight conditions for a commercial transport aircraft. A representative subset of the FUN2D predictions will
be presented first, followed by a discussion of preliminary data from the recent high-Reynolds number wind tunnel
experiment.

A. FUN2D Predictions

The effect of the contour bump height for both shapes is presented in Fig. 6 for the off-design condition. The
percent change in the drag coefficient relative to the baseline TMA-0712 airfoil is plotted versus the non-
dimensional maximum contour bump height. The design point for each bump family is shown. The contour bumps
are clearly capable of generating significant drag reduction, in the range of 12% - 15%. The CDISC designed
contour bump, Bump1, does benefit from a slight increase in crest height. The third bump, designed using LINDOP,
was much closer to the optimal height. Both shapes demonstrate a desirable plateau in drag reduction near their
respective optimal crest heights. For comparison, the isolated contour bumps are also shown with an expanded
vertical scale. Although not obvious in the results presented here, the crest of the contour bumps was located
approximately 1.0% - 2.0% chord downstream of the normal shock wave location.
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Figure 6: Effect of contour bump height on predicted drag reduction for the NASA TMA-0712 airfoil
(M,=0.78, C=0.70, Re=30x10°).
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Figure 7: Effect of contour bump on predicted drag polar for the NASA TMA-0712 airfoil

Figure 7 demonstrates the effect of several contour bumps on the drag polar, with the design point of C; = 0.70

noted. Several important observations can be drawn from the comparison. The static bump shapes show significant
drag reduction over a wide range of lift coefficients, not just at the design point. At the highest lift coefficient of
0.80, the predicted drag reduction is 22% for Bump3. As the lift coefficient decreases below 0.50, the fixed bump
shapes create a substantial drag penalty. This occurs because the shock wave on the airfoil upper surface moves
forward of the contour bump. The flow re-accelerates over the bump, and a second normal shock wave forms aft of
the contour bump. In addition, the resulting double shock wave pattern separates the boundary layer, further
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Figure 8: Effect of contour bump on predicted lift and pitching moment coefficients
for the NASA TMA-0712 airfoil (M.=0.78, Re=30x10°).
increasing the drag coefficient. As expected, decreasing the contour bump height reduces the drag penalty. These
results demonstrate that an active contour bump, which could change height and translate to follow the shock wave,
would further enhance the performance of the contour bump, and insure no drag penalties over the baseline
configuration.

The impact of the contour bumps on the lift and pitching moment coefficients are illustrated in Fig. 8. The
degradation in the contour bump configurations below —1.0° angle-of-attack is clearly seen, being attributed to the
double shock wave system on the upper surface. For lift coefficients above 0.50, the contour bumps are not
detrimental to lift, and even enhance lift at the highest angles-of-attack. The pitching moment does become slightly
more negative in this lift regime, with the increment increasing with bump height. It is anticipated that the
application of the active contour bump concept to a complete aircraft configuration would not introduce pitch
control problems, but a pitch trim drag assessment is needed to fully characterize potential benefits.
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To further examine the effect of the contour bumps on the flow field, predicted Mach number contours in the
vicinity of the shock wave are shown in Fig. 9, for the design lift coefficient. On the baseline airfoil, a strong
normal shock wave occurs at approximately 77%c, with the peak Mach number ahead of the shock wave
approaching 1.30. The boundary layer is predicted to separate near the trailing edge at 95%c. With the application
of the first contour bump, the shock wave is noticeably weaker, and a lambda-shaped shock wave pattern begins to
develop. The peak Mach number ahead of the normal shock wave is reduced to approximately 1.20. However the
boundary layer separation increases due to the added curvature of the contour bump, and a stronger downstream
pressure recovery. With the third contour bump configuration, the normal shock wave location is nearly identical to
that of the first bump, but the lambda shock wave extends further upstream. The peak Mach number ahead of the
shock wave for this case is slightly higher at 1.25, but the boundary layer separation has moved downstream to
95%c. This is attributed to a more gradual re-compression near the trailing edge, as compared to the first contour
bump. The surface pressure distributions will be discussed in detail below.
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Figure 10: Effect of contour bump on predicted surface pressure distribution of the NASA TMA-0712 airfoil
(M,=0.78, C=0.70, Re=30x10°).

1.25 ‘

Figure 10 presents the effect of the contour bumps on the surface pressure distributions for the same flow
conditions discussed above. Both bumps shift the normal shock wave downstream by approximately 2.5%c. The
upstream influence of each bump is isolated to a small region upstream of their respective starting positions, due to
the upstream communication through the subsonic portion of the boundary layer. The oblique shock waves created
at the beginning of each bump produce similar levels of compression. The first bump does produce the weakest
normal shock wave, however the boundary layer separation occurring at 90%ec, accounts for the higher drag as
compared to Bump3. The Bump3 geometry produces a more gradual recompression downstream of the normal
shock wave, allowing the boundary layer to remain attached longer. One can also appreciate the increase in the nose
down pitching moment with this comparison, which was discussed previously.

The final comparison of this section focuses on the drag divergence properties of the initial bump configurations,
shown in Fig. 11, for the design lift coefficient. At Mach numbers below 0.77, the current fixed contour bump
shapes create a significant drag penalty, due to stronger shock wave strength as compared to the baseline airfoil.
Above this Mach number, the fixed contour bumps are quite beneficial. This further indicates that an active contour
bump, which could be deployed when needed, would be required for application on a wing. This figure also
demonstrates that the current contour bumps can increase the drag divergence Mach number by 0.005 above the
baseline airfoil value, increasing it to 0.78.
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B. Preliminary Experimental Data

The wind tunnel experiment began with extensive testing of the new baseline airfoil design to verify the
performance characteristics and compare them to the computational results. After a number of comparisons of
chord-wise pressure distributions at the off-design condition, it became clear that the shock wave location in the
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experiment was occurring upstream of the predicted one (see Fig. 10). In fact, two of the Bump1 heights were tested
to see their effects on the shock location. The shock wave location did not significantly change for the three
configurations tested as shown in Fig. 12. Attempts were made to determine why the shock wave location was
different from the predicted one. The most probable cause for the difference was assumed to be the presence of the
wind tunnel walls in the experiment, which were not modeled in the free-air computational results discussed above.
The computational analysis was performed with free-air boundary conditions only, because the tunnel adaptive walls
were to provide an approximation of similar boundary conditions. However, the implementation of the adaptive
walls for this test provided results that make it appear as though some residual wall interference effects were present
and may need to be compensated for in post-test data reductions.

The MSES flow solver was used to simulate the effects of the streamlined wall shapes on the flow over the
airfoil. No significant results were obtained to explain the differences in shock location. In addition, different
experimental techniques were used in an attempt to move the shock location rearward enough to interact with the
contour bump. These attempts however failed, and finally the decision was made to design and locate a new contour
bump at the experimentally observed shock location.

To design the new contour bump, MSES and CDISC were used to predict the new bump height and location.
The input Mach number and lift coefficient were adjusted in MSES so that the predicted pressure distribution
matched the shock wave location as closely as possible to that measured experimentally. The MSES/CDISC bump
design predicted a drag reduction of approximately 8% for a bump with its crest located at 65%c and a crest height
of 0.020-inch (h/c=0.0033). This was not as large a drag reduction as originally planned, but it was measurable with
the given experimental setup.

The Baseline airfoil configuration was modified to approximate the new temporary contour bump design. A
photograph of the resulting contour bump is shown in Fig. 13. The bump was made using 0.020-inch diameter
metal wire bonded to the airfoil surface at 65%c. This wire provided the fixed bump height at the desired location to
interact with the shock wave. The wire was covered with a 0.001 - 0.002 inch thick sheet of steel shim material that
extended 0.5-inches upstream and downstream of the metal wire to create a smooth contour bump surface. Thus the
resulting contour bump had a length of 17%c. The leading and trailing edges of the contour bump were fared
smoothly into the baseline airfoil shape. To continue to measure the chord-wise pressures in the same area as the

a) Sideview - - b) Close up view at model centerline

Figure 13: Photograph of the Baseline airfoil model with a temporary contour bump (h/c=0.0033) placed with
crest near the x/c=0.65 location (measured shock location in the 0.3 m TCT experiment).

new contour bump, two gaps were made in the bump span so that the pressure orifices were not covered. It was
assumed that the effects of the bump would carry over across the gaps. A photograph showing the close-up view of
the gaps is presented in Fig. 13b.

Testing of the new contour bump provided data showing that bump effects were clearly present. The first effect
was observed in the focusing Schlieren image data, Fig. 14. These data showed that the typically normal shock
pattern observed repeatedly in the baseline configuration had changed to an oblique shock wave near the new
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- Flow

Bump Region

a) Baseline airfoil (no contour bump) b) Baseline airfoil w/temporary contour bump

Figure 14: Focusing Schlieren images showing qualitatively the shock patterns observed in the 0.3 m TCT experiment
(C=0.7, M=0.78, Re=30x106). Note that the tunnel flow direction is left to right.

contour bump. The bump-modified shock wave pattern clearly demonstrated the expected lambda-type shock wave
pattern predicted in the computational analyses presented above as well as shown in previous research efforts (Refs.
5-10).

The second effect was observed in the chord-wise centerline pressure distribution data, exemplified by Fig. 15.
The pressure distribution for the contour bump configuration produced a reduction in shock wave strength as
compared to the baseline configuration. However, it should be noted that the contour bump configuration data had
some significant differences in the upper surface leading-edge pressures, as well as the lower surface trailing-edge
pressures. Based upon the CFD predictions shown in Fig. 10, these types of pressure distribution differences are not

-1.5

B4 Shock

A Strength
-1.0 gﬁ* Reduced

-0.5 4
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0.5 -
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---O---Contour Bump (CI=0.73, Alpha=0.7 deg)
---a---Contour Bump (CI=0.70, Alpha=0.5 deg)
1 0 [ [ [ [ [ [ [ [ [

00 01 02 03 04 05 06 07 08 09 1.0
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Figure 15: Comparison of chord-wise centerline pressure distributions to show effect of surface contour bump in
the 0.3-m TCT experiment (M,=0.78, Re=30x10°).
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expected to be a result of the bump effect. Figure 12 also shows that experimentally the affected area is primarily
near the bump region. Thus, the differences in the pressure distributions observed in Fig. 15 seem to suggest more
than a localized bump effect.

The third contour bump effect was evident in the lift curves, shown in Fig. 16. Similar to the CFD predictions
shown in Fig. 8, the contour bump decreases the lift at low angles-of-attack. At the higher lift coefficients, the lift
increases as the shock wave moves aft along the airfoil to interact with the contour bump. The lift however, does
not agree with the baseline values as expected in this regime. This difference could be explained by a shift in the
angle-of-attack for the bump configuration, and may be an unresolved flow angularity. Even though the adaptive

—e— Baseline
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Figure 16: Comparison of the integrated lift results from the 0.3-m TCT experiment (M,=0.78, Re=30x10°).

walls were streamlined to minimize wall interference for each angle-of-attack, these differences may also be
attributed to residual wall interference effects, which still need to be addressed. The discussions below will
reinforce this reality, but further insight into the effect of the new contour bump can still be deduced.

The fourth bump effect was observed in the wake rake survey data. These data show the loss of free-stream total
energy due to the drag mechanisms associated with the airfoil. Figure 17 is presented to show a comparison of the
wakes for both the baseline and the contour bump airfoil configurations. The effect associated with the contour
bump wake profile is the valley that occurred between 0.0 to about 0.5-inches above the tunnel centerline. The
valley represents the reduced losses associated with the weaker oblique shock wave produced by the contour bump.
Typically, this valley is not present in the wake behind a normal shock wave pattern. Instead a continuous ramp in
the wake is observed similar to that seen for the baseline configuration between 0.0 and 1.0-inch above the tunnel
centerline. Even though the wake rake surveys showed the bump effect, the integrated drag values were higher than
the baseline values. This is clearly shown in Fig. 18, where the drag polars are compared. A closer examination of
each part of the wake surveys suggests that the two flow fields were indeed different. The normal shock wave
region for the bump wake survey is stronger than that for the baseline configuration. Looking at the wake below the
tunnel centerline reveals greater viscous drag losses for the bump wake profile than for the baseline. The bump
should only produce localized effects, not global flow field changes as observed in these comparisons.
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Figure 17: Comparison of Wake Rake Survey 3-chord lengths downstream of the model centerline in the 0.3-m
TCT experiment (M,=0.78, Re=30x106).
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Figure 18: Comparison of the integrated drag polar results from the 0.3-m TCT experiment
(M,=0.78, Re=30x10°%).
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Vertical Position (inches)

To better understand why the bump effect on drag was not as expected, a comparison was made of different
wake rake surveys to try and match the expected flow physics. The sensitivity of the wake rake surveys for the
baseline configuration was examined to see if the flow physics in the wake could be matched. The effect of
increasing the baseline configuration lift coefficient and Mach number are presented in Fig. 19a and 19b,
respectively. In Fig. 19a, the increase in the lift coefficient matched the loss associated with the normal shock for
both configurations at distances greater than 0.5-inches above the tunnel centerline. However, the increased lift
coefficient did not also produce a better match in the viscous wakes below the tunnel centerline. In Fig. 19b, the
increase in the baseline configuration Mach number produced a better match in both the loss associated with the
normal shock and the viscous wakes below the tunnel centerline. This finding suggested that there was indeed a
difference in the Mach number for the two configuration flow fields.
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Figure 19: Sensitivity of wake rake surveys to changes in C, and M in the 0.3-m TCT experiment.

If the increased Mach number for the baseline configuration were used on the basis of matching the flow features
in the wake profile, then the baseline configuration drag data at a Mach number of 0.79 would compare more
directly to the contour bump configuration data at a Mach number of 0.78. Note that the sensitivity for the baseline
configuration to Mach changes was used because a more extensive data set for the baseline configuration existed
than for the contour bump configuration. The resulting drag comparison is shown in Fig. 20. The contour bump
configuration drag is lower than the baseline configuration (at Mach=0.79) for lift coefficients greater than about
0.68. This modified drag comparison produced the expected contour bump drag reduction effect. At the design lift
coefficient of 0.70, the contour bump drag reduction from the baseline configuration was about 0.0020 out of
0.0230, which is approximately a 9.0% drag reduction. This compares quiet favorably to the free-air CFD
prediction of an 8.0% drag reduction for this new contour bump design.

The difference in Mach number between the baseline and contour bump configurations may make the reader
wonder if the tunnel Mach number was somewhat questionable. The Mach number entering the test section was
measured accurately in both cases. When the free stream Mach number is matched between two runs, then the
Mach number coming into the test section entry plane is being matched. The problem shown above is due to the
lack of maintaining that set Mach number along the test section through the adaptation of the tunnel walls to
approximate streamlines in the flow field around the airfoil model.
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Figure 20: Comparison of the integrated drag polar results from the 0.3-m TCT experiment (Re=30x10°).

Returning to the differences in the airfoil centerline pressure distributions noted earlier in Fig. 15, one might
consider similar changes in the lift coefficient and Mach number to determine if the differences are reduced. In Fig.
21a, the increase in the baseline lift coefficient did provide a better match in the upper and lower surface leading-
edge pressures. In Fig. 21b, the increase in the baseline Mach number did produce a somewhat better match in the
lower surface pressures. To match the expected flow physics for the centerline pressure distributions, a combination
of both a lift coefficient and a Mach number adjustment might be required, further underscoring the need for

residual wall interference corrections.

-1.5
Shock
= oot Strength
-1.0 P}_ﬁ\e\{ =B —&8F u”\‘\ Reducged
/ ‘ﬁq |
-0.5 3 5 -
i/lw'/'i \R S|
,- N h o
0.0 / N Mg,
¥ \ﬁ\g 3
Bump KG\& - J
. T
‘[ —eo—Baseline (CI=0.76, Alpha=0.4 deg)
---8---Contour Bump (CI=0.70, Alpha=0.5 deg)
10 \ S S IO S B
00 01 02 03 04 05 06 07 08 09 1.0

X/C

a) Increase Baseline C,.

-0.5

-1.5
BE-. Shock
-1.0 e _ _seeee% | IStrength
8o Reduced

S p

0.0

A e

0.5

—e— Baseline (M=0.79, CI=0.71, Alpha=0.2 deg)
---8---Contour Bump (CI=0.70, Alpha=0.5 deg)

1.0
0.0

0.1

02 03 04 05 06 07 08 09 1.0

X/C

b) Increase Baseline M,,.

Figure 21: Sensitivity of chord-wise centerline pressures to C, in the 0.3-m TCT experiment (M,=0.78, Re=30x10°).
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Finally, a comparison of the streamlined wall shapes for the baseline and contour bump cases discussed above
are shown in Fig. 22. The wall shapes are plotted as a Az distribution, which is referenced to the non-deflected wall
positions. The location of the airfoil model is noted. It is interesting to note that a top wall jack began to fail and
was locked in place for the testing of the contour bump configuration. The wall shapes for the contour bump
configuration stand out and look as though they are offset from the two baseline configuration conditions. The top
wall jack at tunnel station 0.0 inches was the one that was locked in place and appeared to cause the wall shape
offset. This difference suggests that the residual wall effects between the baseline and contour bump configurations
may have been different enough to cause the observed flow physics mismatches discussed above. The magnitudes
of the Mach number and lift coefficient changes used to match the flow physics were similar in size to those
associated with residual wall interference effects observed in previous research in the 0.3-m TCT (Ref. 20). It is
anticipated that once the residual wall interference corrections are applied to the current data set, the contour bump
effects will be more clearly demonstrated. In addition, further CFD studies will be conducted to provide additional
insight into the residual wall effects.
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Figure 22: Comparison of streamlined wall shapes from the 0.3-m TCT experiment (Re=30x10°).

VII. Conclusions

The effect of discrete contour bumps on reducing the transonic drag at off-design conditions on an airfoil have
been examined. The research focused on fully-turbulent flow conditions, at a realistic flight chord Reynolds number
of 30 million. State-of-the-art computational fluid dynamics methods were used to design a new baseline airfoil,
and a family of fixed contour bumps. The new configurations were experimentally evaluated in the 0.3-m Transonic
Cryogenic Tunnel at the Langley Research center, which utilizes an adaptive wall test section to minimize wall
interference. The following conclusions can be drawn from the research:

1) The computational predictions indicated that the contour bumps generate significant drag reduction, in the
range of 12.0% - 15.0%, at an off-design Mach number of 0.78. The maximum height of the contour
bumps was on the order of 0.005c, with the crest of the contour bumps located 1.0%-2.0% chord
downstream of the normal shock wave. The drag reduction occurred by modifying the strong normal shock
wave on the baseline airfoil, by creating a weaker lambda-shaped shock wave pattern.

2) The computational results indicated that the fixed contour bumps performed well over a wide range of lift
coefficients at the off-design Mach number of 0.78. At low lift coefficients, the contour bumps created a
drag penalty due to the misalignment of the contour bump with the normal shock wave. The results
demonstrated that an active contour bump, which could change height and move to follow the shock wave,
would likely be required for application on an aircraft.
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3) The CFD results predicted that the current contour bumps increase the drag divergence Mach number of the
baseline airfoil by 0.005 at the design lift coefficient of 0.70. The results further underscored the benefits
of an active contour bump system to avoid drag penalties at lower Mach numbers.

4) The experimentally measured normal shock wave location was found to be ahead of the predicted location
for the off-design condition. The cause of this difference has not been fully understood, but is believed to
be associated with residual wall interference effects. As a result, the performance of the manufactured
contour bumps could not be evaluated. A modified contour bump was designed during the experiment and
added to the baseline airfoil.

5) Preliminary analysis of the experimental results obtained for the modified contour bump demonstrated the
predicted modification of the shock wave structure, with the contour bump clearly creating a weaker
lambda-shaped shock wave pattern. However, the wake structures indicated that the residual wall
interference for the modified contour bump configuration was more severe than that of the baseline
configuration. Taking this into account, a revised analysis of the experimental data suggested that the
modified contour bump reduced the drag by approximately 9.0% at the off design condition.

6) The preliminary analysis of the experimental data reinforced the need for applying residual wall
interference corrections to the data. This is required to more clearly document to drag reduction potential
of the modified contour bump. CFD studies will also be conducted to further assess the impact of the
adaptive walls on the experimental data.
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